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Numerical Simulation of Leading-Edge Vortex Flows

Donald P. Rizzetta* and Joseph S. Shang*
Air Force Wright Aeronautical Laboratories, Wright-Patterson Air Force Base, Ohio

Steady flowfields describing respectively the distinguished structure for subsonic, sonic, and supersonic
leading-edge flow about a thin delta wing at angle of attack in a supersonic freestream are calculated numeri-
cally. Solutions of the steady three-dimensional compressible laminar Navier-Stokes equations are obtained by
time integration. Details of these solutions demonstrate that the essential physical behavior of such flows, in-
cluding both primary and secondary vortex motions, has been simulated. For purposes of comparison, a cor-
responding inviscid numerical solution was generated for the case of a subsonic leading edge. It is shown that,
although the secondary features are absent, the gross dominant characteristics of the flowfield have been
reproduced by the Euler equations. Effects of turbulence are assessed by incorporating a simple closure model in
the viscous computation. Comparison between the numerical solutions and experimental data is provided for all

flow regimes.

Nomenclature
c =speed of sound, (yRT)”
C. =lift coefficient,

aE (L
(1/area)><S0 SO (G, —Cp,)dxdz

C, = pressure coefficient, 2(p — Po, )/ 0 oo U2

E =total specific energy

F,G,H =vector fluxes

L =model length in axial direction

M = Mach number

r = pressure

Pr = Prandtl number, 0.73 for air

R = gas constant

Re, = freestream Reynolds number, p oL/ po

t =time

t = final computational time

tcu = characteristic time, L/u,,

T = temperature

u,v,w = Cartesian velocity components in x,y,z direction

Uy =UVDW

U =vector of dependent mass-averaged variables

x,y,z = Cartesian coordinates in axial, normal, and span-
wise directions

o =angle of attack

8 =numerical damping coefficient

¥ =ratio of specific heats, 1.4 for air

) =model thickness

A = finite difference step size

0 = leading-edge vertex angle

© =molecular viscosity coefficient

V1,2,3 = 2, s g‘

&9, =transformed body-fitted coordinates

o = density

Subscripts

aw = adiabatic wall value

LE = evaluated at wing leading edge

max =maximum value

min =minimum value
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n =normal value
D =property of fluid particle
T =total condition
u,l =evaluated on wing upper or lower surface
w =evaluated on the surface
[ = freestream value
Introduction

LOWFIELDS about slender delta wings of small aspect

ratio with sharp leading edges at the angle of attack
have fascinated aerodynamicists for many years. Such flows
may be characterized by a three-dimensional inviscid-viscous
interaction, the most striking feature of which is the ap-
pearance of a core of spiraling fluid formed by the rolling up
of a vortex sheet that separates from the leading edge and
lies above the wing upper surfaces. In the inboard portion of
this vortex, the fluid is directed downward toward the wing
and forms a flow along the surface that is directed outboard
toward the leading edge. An adverse pressure gradient in the
outboard region of the wing is produced by the expansion
about the leading edge and can result in the separation of the
boundary layer and thus the appearance of a secondary
vortex. This complex fluid behavior is of fundamental scien-
tific interest and also can be of significance in aircraft design
applications. The highly nonlinear relationship between the
angle of attack and the resultant lift makes performance
assessment of aerospace vehicles employing delta wings dif-
ficult. In addition, as the vortical flow proceeds down-
stream, it may eventually experience sudden breakdown or
persist far into the wake region where it can pose a potential
hazard for following aircraft.

Many experimental investigations'-> have been conducted
in order to elucidate the intricate fluid behavior commonly
observed for leading-edge vortex flows. While much of the
information emanating from such studies has been of a
qualitative nature, the descriptive results provided by flow
visualization techniques have led to a broad understanding
of the fundamentals of such behavior. Traditional analytical
and empirical analyses.®® have achieved some success in
predicitng the gross properties associated with these
flowfields, but have been unable to describe their physical
details completely. More recently, numerical computations
have provided characteristics of the flow properties that were
not covered in previous theoretical treatments. Potential for-
mulations employing panel!® or vortex lattice!! methods have
been able to compute surface pressure distributions with
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reasonable accuracy. A number of results corresponding to
solutions of the Euler'*'* and Navier-Stokes equations!>-!9
for delta wing configurations have also been generated and
represent a considerable advancement in predictive
capabilities. The present work simulates the steady laminar
flowfield about a thin sharp-edged delta wing by numerical
integration of the three-dimensional compressible Navier-
Stokes equations. In particular, the distinguished behavior
for subsonic, sonic, and supersonic leading-edge flow, which
has been noted experimentally by Stanbrook and Squire? and
Monnerie and Werle* among others, is considered. The con-
figuration to be examined is depicted schematically in Fig. 1
and consists of a delta wing of length L with the leading edge
swept at an angle of 75 deg and a thickness ratio (6/L) of
0.05. This geometry has an aspect ratio of 1.07 and
duplicates the model of Monnerie and Werle? that was used
to generate experimental data covering a wide range of Mach
numbers and angles of attack.

For the case of a subsonic leading edge, a Navier-Stokes
solution for this same geometry was computed by Vigneron
et al.’® in which the flow was assumed to be conical.
Although this solution appeared to predict the primary
vortex structure correctly, it produced no evidence of the
secondary features that had been observed experimentally.
The current investigation was undertaken in order to resolve
this discrepancy. In addition, for the subsonic leading-edge
case, the Navier-Stokes result is compared with a corres-
ponding inviscid numerical calculation. Effects of turbulence
were assessed by incorporating a simple closure model in the
viscous computation. Comparison with experimental data is
made for all flow regimes.

Governing Equations
The governing equations are taken to be the unsteady
compressible three-dimensional Navier-Stokes equations in
mass-averaged variables, which may be expressed notation-

Fig. 1 Delta wing geometry.
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Fig. 2 Computational grid in y-z plane at x/L =1.0.
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ally in the following chain-rule conservative form:
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where x,y,z are the Cartesian coordinates in the axial, nor-

mal, and spanwise directions, respectively (see Fig. 1), £,%,¢

the corresponding transformed coordinates in a body-
oriented system, and

pu
U= pv 2)
oW

| bE

is the vector of dependent variables. F, G, and H are the vec-
tor fluxes whose form is well known? and thus are omitted
here for brevity. The Cartesian velocity components are
given by u, v, and w, p is the density, and E is the total
energy per unit mass. A complete description of the system is
provided by the perfect-gas law,

pP=pRT 3

and the Sutherland formula for the molecular viscosity coef-
ficient p.

In addition to laminar viscous solutions, one Euler and
one turbulent Navier-Stokes computation were performed
for comparative purposes. The Euler result was obtained by
omitting the viscous stress and heat flux contributions to the
vector fluxes F, G, and H. The effects of turbulence were in-
corporated by assigning a turbulent Prandt! number of 0.9
and by augmenting the molecular viscosity coefficient
according to a simple algebraic turbulence closure model.
For this purpose, the two-layer turbulent viscosity coefficient
formulation due to Baldwin and Lomax?' was employed. In
the region of the flowfield outboard of the wing surface, this
model was slightly modified such that the inner length scale
was based upon the distance from the wing leading edge in a
radial sense.

Freestream values were specified as boundary conditions
for all of the dependent variables at the upstream, outboard,
upper, and lower computational boundaries, i.e., U=U,.
At the wing midspan, a plane of symmetry was imposed that
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resulted in
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On the upper and lower wing surface,

u=v=w=0 (5a)
T=T,, (5b)
a
_p:() (5¢)
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for Navier-Stokes calculations and
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for the Euler solution. In the preceding, T,,, is the adiabatic
wall temperature and the left side of Eq. (6) constitutes the
velocity component normal to the surface. Because computa-
tions corresponding only to supersonic freestream conditions
were considered, no formal mathematical downstream
boundary conditions were needed. However, due to the re-
quirements of the numerical algorithm used to solve Eq. (1),
values of the dependent variables at the downstream com-
putational boundary were obtained by extrapolation from
the interior domain.

Numerical Procedure

Since the configuration is symmetric about the midspan,
the numerical computations were performed about a half-
span wing with a plane of symmetry situated at z=0. For
this purpose, a body-oriented nonorthogonal grid system
consisting of 20 x64 x40 points in the £,4,¢ directions was
generated algebraically owing to the simplicity of the
geometry involved. Due to application of supersonic free-
stream conditions, the forward boundary was located just
upstream of the wing vertex. The first interior y-z plane was
chosen to lie at x/L =0.10, which represents the minimum
streamwise location where the wing spanwise dimension was
sufficiently large to accommodate the £ distribution without
excessive resolution. From this location, streamwise stations
were taken in uniform increments of x/L=0.05 up to the
downstream boundary at x/L =1.0. In y-z planes, grid lines
were exponentially stretched upward and downward away
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Fig. 3 Comparison of Euler and Navier-Stokes upper surface
pressure distributions for M, =1.95.
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from the wing surface and inboard and outboard away from
the leading edge. A description of the mesh spacing and
computational boundaries employed at all y-z planes for the
cases to be considered is given in Table 1. Figure 2 illustrates
the y-z plane at x/L=1.0 for the case M, =1.95, showing
the detailed spacing at the wing leading edge. In this plane, it
is noted that the mesh consists of an H-grid structure such
that the transformed coordinate lines do not wrap around
the sharp leading edge. The grid point indicated exactly at
the leading edge is assumed to lie just outboard of the wing
surface such that no ambiguity about the application of the
surface boundary condition [Eq. (5¢)] arises. For the higher
Mach number cases, the outboard mesh boundary z,,, was
varied linearly in x, incorporating a larger value of z,,./z;p
upstream in order to capture the embedded shock wave
properly. This grid system employs 40 of the » grid lines on
and above the wing surface and 24 of the £ grid lines inboard
of the leading edge. All of the metric coefficients appearing
in Eq. (1) are obtained numerically by second-order-accurate
formulas corresponding to central differences a. the interior
mesh points and one-sided differences at the wing surface
and computational boundaries.
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Fig. 4 Comparison of Euler and Navier-Stokes surface pressure
distributions for M, =1.95 at x/L =0.8.
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Fig. 5 Comparison of Euler and Navier-Stokes cross-plane velocity
vectors for M =1.95.
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Surface values required by the algorithm for solution of
the Euler equations were obtained by extrapolation of the
density and energy from the interior domain. The tangential
contravariant velocity components were also extrapolated in
order to provide the following values at the surface:

(uagwa‘E wag) trapolated val 7
= eX1r
I 3y o e polated value (7a)
ad ] 0
(u 3 +v { +w {) =extrapolated value  (7b)
ox ay az /

Equations (7) were then solved simultaneously with the
boundary condition [Eq. (6)] in order to generate the
necessary Cartesian velocity components. This procedure em-
bodies the concept of analytic continuation in order to sat-
isfy algorithmic requirements.

Steady-state solutions to Eq. (1) were generated using the
well-established, time-dependent, explicit, unsplit two-step
predictor-corrector finite difference algorithm of MacCor-
mack?® that has evolved as a reliable technique for the
numerical solution of a wide variety of fluid dynamic prob-
lems. As part of this algorithm, a fourth-order pressure dam-
ping term,? commonly employed to suppress numerical
oscillations arising from regions with large gradients in the
dependent variables, was incorporated. The form of this
term is given as

3
a oU | 3*p | lu;+cl
BAt (Av-)3———~[ A ] (8a)
j:El 7 9u; Lav, Iavr I p
where
viaa=&m,¢ and Uy, =u,0,w (8b)

which is then added to the new value of U at each time step.
All of the calculations were generated with the damping
coefficient 3=2.0. For the two lowest Mach number cases,
damping in the normal direction (y) could be omitted
without any observed numerical difficulties. Solutions with
and without normal pressure damping were in-
distinguishable. In the case of M_=7.0, a stable solution
could not be obtained without normal pressure damping due
to the strength of the shock wave present within the
flowfield.

The initial conditions for all of the solutions were taken as
freestream values at grid points inside the computational do-
main, except on the interior boundary where the surface con-
ditions were invoked. The one exception to this procedure
was the turbulent calculation which was initiated from a
previously generated steady laminar solution. In order to
remove the initial transients, the numerical flowfields were
allowed to evolve for 100 time steps with A chosen such that
the maximum Courant number was 0.5. The solutions then
proceeded to the steady state with a Courant number of 0.8.
Again, the exception was the turbulent case which was
unstable above a Courant number of 0.5, probably due to a
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higher shear stress near the surface than occurred in the
laminar cases. The total physical time over which solutions
were evolved (#;) is provided in Table 1 in terms of the
characteristic flow time #oy=L/u. The behavior of these
solutions was carefully monitored before they were declared
to be converged. Contours of pressure and vorticity were
observed, together with the cross-flow velocity, surface
pressure, and absolute vorticity level. There were two
reasons for allowing evolution times considered to be ex-
cessive: 1) the vortex structure emerged rather slowly, par-
ticularly at the downstream boundary; and 2) any possibility
of nonconvergence could then be eliminated from considera-
tion when examining the solutions. In most cases, practical
results would be obtained in about one-third the evolution
times quoted in Table 1.

All of the aforementioned features of the numerical
algorithm are embodied in an efficient vectorized solver?
written especially for the CRAY-1 computer, which has per-
formed well for a number of three-dimensional calculations
and was used to produce the results presented here. This
solver advances the solution from one time step to the next
in the n-¢ planes by marching in the ¢ direction, thus
minimizing the data flow to and from central memory. Using
the previously defined computational grid, approximately
730K decimal words of storage were required. A data pro-
cessing rate of 7.7x 10> CPU s/time step/grid point was
achieved for the Navier-Stokes computations and a rate of
5.5%x10-5 for Euler calculations where vectorization oc-
curred in the {-direction with a vector length of 40.

Results

Numerical solutions were generated for flow about the
delta wing shown in Fig. 1 at an angle of attack a=10 deg
for freestream Mach numbers of 1.95, 4.0, and 7.0. These
conditions duplicate the experiments of Monnerie and
Werle? and correspond to Mach numbers normal to the
leading edge of 0.50, 1.02, and 1.78, respectively. Geometric
parameters and test conditions of these experiments are sum-
marized in Table 2. In addition to laminar Navier-Stokes
calculations for all cases, an Euler solution was computed for
M, =1.95 and a turbulent solution obtained for M, =4.0. It
is considered to be significant that these results were
generated using identical computational grids and by the
same numerical code, such that algorithmic and discretiza-
tion differences arising between the solutions were
minimized.

Results for M, =1.95 are presented in Fig. 3 in terms of
the upper surface pressure distribution where both viscous
and inviscid solutions are shown for comparison. It is seen
that the Navier-Stokes result produces a generally larger
value of the pressure coefficient on the upper surface due to
the viscous displacement effect of the boundary layer (which
is absent in the Euler solution). A more detailed comparison
of these results appears in Fig. 4, where both the upper and
lower surface pressure distributions are displayed for
x/L=0.8. Although the fundamental behavior of the vortex
flow is inherently three-dimensional, its physical character-

Table 1 Computational parameters

Moo Aymin/L Ymin /ZLE ymax/zLE Zmax/zLE tf/tCH
1.95 N-S 9.7971 x 10~* —-3.0 3.25 2.75 31.6
(laminar)

1.95 Euler 9.7971x10~* -3.0 3.25 2.75 11.3
4.0 N-S
(laminar) 7.8377x 104 -2.0 3.0 2.0-4.0 8.5
4.0 N-S
(turbulent) 7.8377x10* -2.0 3.0 2.0-4.0 5.0
7.0 N-S
(laminar) 3.6576 x 10~ -15 2.5 2.0-3.0 20.9
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istics can be inferred from the two-dimensional Euler
pressure distribution shown in Fig. 4. As the freestream flow
encounters the wing surface, it expands over the leading
edge, producing a local pressure minimum. Because the
leading edge is sharp and the freestream velocity is low
(M, =0.50), the flow separates from the wing surface,
resulting in a slight recompression immediately inboard of
the leading edge. The separated flow then forms into a
spiraling vortex that entrains fluids from the region above
the wing and creates subsequent acceleration of the flow.
This can be observed in the pressure minimum at
z/2 g =0.65 of the Euler solution. Inboard of the vortex,
there is no acceleration due to entrainment and thus recom-
pression to a uniform pressure along the centerline occurs.

The basic effect of viscosity on the pressure distribution is
that of displacement, which is evident in the Navier-Stokes
solution shown in Fig. 4. Viscous displacement reduces the
turning of the inviscid flow, thereby reducing expansion and
increasing the pressure level on the wing upper surface. For
this case, there is also a viscous separation of the boundary
layer that results in the formation of a secondary vortex near
the wing surface. The viscous separation causes a ‘‘bump’’
to form in the displacement surface and produces a cor-
responding ‘‘bump’’ in the pressure distribution, which is
seen to be located at z/z; g =0.75. These surface pressures
resulted in computed lift coefficients of C; =0.301 for the
Navier Stokes solution and C; =0.321 for the Euler solution.

Cross-plane velocity vector plots corresponding to these
solutions are shown in Fig. 5. Upstream (x/L=0.2), the
evolution of the primary vortex appears to be predicted with
similar characteristics by both sets of equations. This em-
phasizes the fact that formation of the primary vortex is in-
herently an inviscid phenomena. It is noted that the primary
vortex induces a strong outboard-directed flow near the sur-
face that persists even in the viscous case satisfying the no-
slip condition. Further downstream (x/L=0.6,1.0), the
viscous separation forming the secondary vortex appears as a
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Fig. 6 Particle paths in symmetry plane and upper surface oil flow
pattern of Navier-Stokes solution for M, =1.95.

Table 2 Parameters for experiments of Monnerie and Werle?

M, §,mm 6,deg L,mm PTm,kPa TTM,K ReLE

1.95 3.5 15 70 100 288 9.5x 10°
4.0 3.5 15 70 500 310 2.5x 108
7.0 8.0 20 150 6500 600 4.5% 108
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recirculating region in the cross plane. Comparison with the
Euler solution indicates that the size and location of the
primary vortex are only slightly modified by viscous separa-
tion. The prior solution of Vigneron et al.!® for the same
case showed no evidence of secondary features when the con-
ical approximation to the Navier-Stokes equations was
made. It is apparent from Figs. 3 and 5 that the flow struc-
ture cannot be considered conical as it evolves downstream.

For the case of a steady flow, the instantaneous rate of
change of the position of a fluid particle is given by the fluid
velocity vector, i.e.,

dx, dyp— izp__—.w

p
a e T T ©)

Equation (9) may be integrated over some arbitrary time
interval in order to obtain the fluid particle path in the com-
putational flowfield. In addition, if the x-z grid plane lying
immediately above the wing surface is considered and the
normal velocity neglected, then the apparent oil surface flow
diagram may be constructed. Resuits of this procedure ap-
pear in Fig. 6. The particle paths, which coincide with
streamlines for the steady state, indicate expansion of the
flow over the wing vertex and its subsequent recompression
downstream. The computed oil flow pattern clearly exhibits -
the separation and reattachment of the secondary vortex, as
well as the reattachment of the primary vortex just outboard
of the plane of symmetry, and compares favorably with
observed results. Secondary separation can be seen to occur
for fluid traveling downstream and outboard from the
primary reattachment line. This separation is provoked when
the fluid encounters the adverse pressure gradient near the
leading edge. Upstream, the spanwise dimension of the wing
zy g is very short, such that the distance traversed from the
reattachment line to the leading edge is also short. Along this
path, the fluid loses momentum, but can still maintain at-
tached flow. Further downstream, however, z;¢ is longer.
Hence, the greater distance traversed results in a more sub-
stantial momentum loss and ultimately in separation. Forma-
tion of the secondary vortex appears to be predicted for
x/L=0.4.

The path of a typical fluid particle traversing the region
above the wing surface is displayed in Fig. 7. For clarity, the
projection of this path onto the wing surface, the plane of
symmetry, and the downstream boundary are provided.
Entering the computational domain at the upstream bound-
ary, the particle flows upward over the wing surface follow-
ing the expansion over the leading edge and is then swept
downward and outboard. As it nears the léading edge, the
vortical flow forces it upward and inboard. After making a
complete revolution, the particle travels outboard again and
upward until it reaches the downstream boundary.

For M_, =4.0, both laminar and turbulent Navier-Stokes
solutions were generated. The upper surface pressure
distributions from these results are compared in Fig. 8,
which indicates only minor differences between the two.
Figure 9 shows the more detailed comparison of surface
pressure at x/L =0.8. It is seen that the most prominent dif-
ferences between the two solutions occur on the lower sur-
face and result in a lift coefficient that is approximately 5%
higher in the turbulent case. The corresponding cross-plane
velocity vector plots at this location are shown in Fig. 10. In
this case, because the freestream velocity is higher and the
leading edge sonic, there is no recompresssion of the flow
following the turning over the leading edge. This results in a
very uniform pressure distribution on the upper surface. The
flow separates approximately at the leading edge and forms a
primary vortex. This vortex is seen to be much smaller in ex-
tent and to lie further inboard than was the case for
M, =1.95, a situation that occurs because the higher axial
velocity inhibits rotation and thus entrainment as the vortex
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Fig. 8 Comparison of laminar and turbulent Navier-Stokes upper
surface pressure distributions for M =4.0.
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Fig. 9 Comparison of laminar and turbulent Navier-Stokes surface
pressure distributions for M, =4.0 at x/L=0.8.
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spirals downstream. Inboard of the vortex, a slight recom-
pression is evident in the pressure distribution (Fig. 9) where
reattachment takes place. The lack of an adverse pressure
gradient in the outboard region and the higher axial velocity
preclude viscous separation and hence the formation of a
secondary vortex. This is confirmed by the computed surface
oil flow pattern (not shown here), as well as the velocity vec-
tor plot of Fig. 10.

Differences between the laminar and turbulent solutions
appear to be minimal. On the upper surface, the strength of
the vortex is seen to be reduced by turbulent viscosity in Fig.
10. It is also evident that the surface velocity profiles are
much fuller in the turbulent case, as is to be expected.
Numerical computation confirmed that the turbulent solu-
tion resulted in less viscous displacement than was present in
the laminar case. Thus, the weakening of the vortex is offset
by the reduction in displacement such that the upper surface
pressure distribution is virtually the same for both calcula-
tions. On the lower surface, the turbulent computation also
produced less viscous displacement. This results in more
turning of the flow and explains the differences between the
solutions observed in Fig. 9.

The surface pressure distribution for the laminar Navier-
Stokes solution at M, =7.0 and x/L =0.8 is presented in
Fig. 11. Previous results for M, =1.95 and 4.0 are provided
for comparison. In addition, the experimental results,?
which were available only on the upper surface for M, =4.0
and 7.0 and 0.0=z/z,g=<0.9, are also displayed. For
M, =7.0, the leading edge is supersonic and therefore the
upper and lower surface flowfields are independent. Separa-
tion is now found to occur inboard of the leading edge, as is
apparent in the cross-plane velocity vector plot of Fig. 12, as
well as in the corresponding oil surface flow pattern (not
shown). The vortex is seen to be smaller in extent and lie
even further inboard than was evident for M =4.0. Thus,
the effect of the vortex on the surface pressure is negligible
and results in a nearly uniform distribution corresponding to
that of the flow over a flat plate at the angle of attack with
M, =17.0 (C,= —0.025). Agreement with experimental data
is quite good for both M, =4.0 and 7.0.

For the highest Mach number case, neither the experimen-
tal data nor the numerical solution give evidence of the
cross-flow shocks commonly observed at higher angles of at-
tack or higher freestream Mach numbers. The corresponding
cross-plane Mach number contour plot (not shown) does in-
dicate, however, that Mach lines are beginning to coalesce in
the region above the vortex, which is consistent with the
computations of Bluford,!® where high Mach number flows
were considered and cross-plane shocks observed. As was
also true for M, =4.0, no secondary separation occurs
because of the high axial velocity and the lack of an adverse
pressure gradient. On the underside of the wing, the higher
velocity produces more expansion where the flat bottom sur-
face meets the bevel from the leading edge. This results in a
lower and nearly uniform pressure along the flat portion of
the surface near the plane of symmetry. In Fig. 12, the
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Fig. 10 Comparison of laminar and tur-
bulent Navier-Stokes cross-plane velocity
vectors for M, =4.0 at x/L =0.8.
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Fig. 11 Navier-Stokes surface pressure distributions at x/L =0.8.
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Fig. 12 Navier-Stokes cross-plane/velocity vectors for M, =7.0 at
x/L=0.8.

strong shock wave is apparent below the lower surface in the
outboard region of the flowfield.

Mach number contours for all three cases are shown in
Fig. 13. The extent of the flowfield affected by the presence
of the wing is seen to decrease as the Mach number in-
creases. On the upper surface, the effect of the expansion
over the wing vertex and subsequent recompression down-
stream are evident. In the lower downstream portion of the

flowfield, the change of surface geometry on the underwing

surface can be seen to produce a weak expansion.

Figures 14-16 provide comparison of these computations
with the experimental measurements of Monnerie and
Werle? in terms of total pressure surveys taken above the
wing upper surface at x/L=0.8. The comparison for
M, =1.95 is displayed in Fig. 14. The size and location of
the primary vortex appear to agree reasonably well, although
the comparison in the upper portion of the flowfield is not
as favorable. In the region of secondary flow, the calculation
seems to correlate well with the measured data. Total
pressure contours from the Euler solution were virtually
identical to those of the Navier-Stokes calculation, except for
the zone of secondary flow not reproduced in the inviscid
result. The comparison for M, =4.0 is shown in Fig. 15.
Generally, the behavior seen here is much like that of the
M_ =1.95 solution in that the normal extent of the flowfield
affected by the wing surface and adjacent vortex is much
smaller for the computation than is evident in the experi-
ment. Contours of the turbulent solution practically coin-

NUMERICAL LEADING-EDGE VORTEX FLOWS 243

05
Moo =195
S a0 ey ::,,,”a”////
-05
05
Moo =4.0
Joo-
-05
05
Moo =70
$091
05 T N By
00 05 0
X/L

Fig. 13 Navier-Stokes Mach number contours in symmetry plane.

cided with those shown in Fig. 15. Finally, Fig. 16 indicates
the M, =7.0 comparison. Here the comparison in the out-
board region of the wing is good. Along the inboard por-
tion, however, coarseness of the computational domain in
the z-mesh near the plane of symmetry may account for the
lack of agreement between the numerical solution and the ex-
perimental data.

Conclusions and Discussion

Laminar Navier-Stokes solutions have been generated in
order to describe the flowfield about a thin delta wing of low
aspect ratio for subsonic, sonic, and supersonic leading-edge
flow. In the subsonic case, the simulation was seen to
reproduce commonly observed physical features including
secondary vortex motion, which was not predicted when the
flow was assumed to be conical. A corresponding Euler solu-
tion for the case appeared to capture the dominant physical
behavior of the flowfied. In particular, the surface pressure
distribution was well approximated and resulted in a
discrepancy in the lift coefficient of less than 7% when com-
pared to the Navier-Stokes solution. For a sonic leading
edge, the primary vortex was found to be much smaller in
extent and located further inboard than in the subsonic case.
Due to the higher streamwise velocity near the surface in this
case, no secondary flow evolved. Comparison of this result
with a turbulent solution indicated only minor differences
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Fig. 14 Comparison of Navier-Stokes total pressure contours above the upper surface with experimental data for M_ =1.95 at x/L =0.8.
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Fig. 15 Comparison of Navier-Stokes total pressure contours above the upper surface with experimental data for M, =4.0 at x/L=0.8.
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FEBRUARY 1986

between the two calculations. When the leading edge was
supersonic, separation was found to occur inboard of the
leading edge and resulted in a single vortex that was very
weak and located near the plane of symmetry. Comparison
with experimental data has been made for all three flow
regimes. At the two highest Mach numbers, numerical solu-
tions duplicated the upper surface experimental static
pressure distributions. Contours of total pressure above the
wing upper surface for the numerical results were found to
agree qualitatively with the data, but quantitatively the com-
parison was not good.

Although the Reynolds numbers of the experiments con-
sidered here are quite high, it is believed that the calculated
laminar solutions provided a good representation of the
physical situation. Much of the flow near the surface is
directed in an outboard direction (see Fig. 6) with velocities
smaller than those occurring streamwise. Thus, a represen-
tative Reynolds number based upon cross-plane quantities
would be considerably lower than the nominal value, hence
justifying laminar flow conditions.

While the solutions presented here have provided insight
into the vortex structure for flow over delta wings with sharp
leading edges, several additional aspects require further in-
vestigation. The effect of a downstream wake, which can be
neglected for supersonic freestream conditions at small
angles of attack, may have significant impact upon the
vortex structure for low-speed flows. At higher angles of at-
tack, the adverse pressure gradient near the trailing edge of
the wing may provoke vortex breakdown. Simulation of this
phenomenon poses an interesting and challenging future
undertaking.
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